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I. SUMMARY 


The objective of the program documented herein was to establish a technical data base to 
support future development of GO 2 /GH 2 flight thrusters for a Space Station Auxiliary Propulsion 
System. Specific issues of concern were thruster performance and cycle life. To address these 
issues, NASA funded Aerojet to design, fabricate and altitude test two 25-lbf GO 2 /GH 2 thrusters. 
The first thruster was designed to operate at a nominal mixture ratio (O/F) of 4.0, and expansion 
area ratio (e) of 100:1. It was tested over a range of O/F from 2.0 to 8.0, achieving a range of 
specific impulse (I sp ) from 440 to 310 lbf-sec/lbm. The second thruster was optimized for a 
nominal O/F of 8.0 at a lower nozzle expansion area ratio e of 30: 1. This second thruster was 
tested over an O/F range of 3.0 to 9.5, achieving an I sp range of 416 to 332 lbf-sec/lbm, 
respectively. At O/F = 8.0, the I sp was 360 lbf-sec/lbm, as predicted. 
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II. INTRODUCTION 


The development of the Space Shuttle has made it possible to develop a Space Station. 

Such a Space Station requires an onboard auxiliary propulsion system (APS) to provide for 
vehicle reboost, attitude control, and docking and avoidance maneuvers. A key component of 
this onboard APS is the thruster design. To develop the required thruster technology base to 
support the Space Station Project, the National Aeronautics and Space Administration (NASA) 
Lewis Research Center (LeRC) has sponsored a development program under Contract No. 

NAS 3-24398. During this NASA LeRC sponsored program, two similar, yet distinct, 25-lbf 
gaseous oxygen/hydrogen (GO2/GH2) thrusters have been designed, fabricated and altitude 
tested to provide the necessary technology base for the future design of the Space Station APS 
thrusters. 

The initial thruster was designed for operation at a nominal mixture ratio (O/F) of 4.0. This 
mixture ratio provided the maximum theoretical specific impulse, as indicated in Figure 1 . 

Design requirements for this initial thruster, designated Thruster No. 1, are provided in Table 1. 
During the course of the analysis, design and fabrication of Thruster No. 1, the Space Station 
propulsion requirements evolved. Specifically, the operating mixture ratio changed from 4.0 to 
8.0, which was consistent with water electrolysis, the proposed method of generating the onboard 
GO2/GH2 propellants. Thruster No. 1 was completed as originally designed to meet the 
requirements of Table I; however, during the testing phase, the hot-fire mixture ratio range was 
extended from 3-5 to 2-8, to be responsive to the evolved requirements. The performance at the 
higher O/F values was not optimum, because those values lay in an off-design regime. 

To evaluate a thruster optimized at an O/F of 8.0, NASA LeRC funded a redesign of the 25 
lbf thruster, specifically the injector. The results of the test data evaluation from Thruster No. 1 
were used to calibrate the thermal and hydraulic models utilized in the redesign effort. The new 
requirements, as given in Table II, were established by NASA LeRC. This redesigned thruster, 
designated Thruster No. 2, was fabricated and altitude tested, yielding excellent results and con- 
firming the design and analysis methodology employed. 
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table I 

DESIGN REQUIREMENTS FOR THRUSTER NO. 1 


Propellants 

GO 2 /GH 2 

Mixture Ratio, O/F 

4.0 ±1.0 

Specific Impulse, ISP 

> 400 Ibf-sec/lbm 

Fuel Inlet Temperature, TFI 

200° - 530°R 

Oxidizer Inlet Temperature, TOI 

300° - 530°R 

Total Impulse, I to t 

2.0 x 10 6 lbf-sec 

Minimum Impulse Bit, Ibit 

2.0 lbf-sec 


% 


TABLE II 

DESIGN REQUIREMENTS FOR THRUSTER NO. 2 


Propellants 

GO 2 /GH 2 

Mixture Ratio, O/F 

8.0 

Thrust, F 

25.0 lbf 

Specific Impulse, ISP 

346 lbf-sec/lbm* 

Fuel Inlet Temperature, TFI 

200° - 530°R 

Oxidizer Inlet Temperature, TOI 

300° - 530°R 

Total Impulse, Itot 

6.0 x 10 6 lbf-sec 

Minimum Impulse Bit, Ibit 

2.0 lbf-sec 

Throttling, % of Nominal P c 

50% - 125% 


♦Minimum specific impulse (Isp) required for an expansion area ratio (e) of 30:1. An Isp of 
346 lbf-sec/lbm at e = 30 would ensure an Isp of 380 lbf-sec/lbm at e = 100. 
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III. SPACE STATION THRUSTER NO. 1 


A. DESIGN APPROACH 

1. Design Background 

Several programs 1 - 2 * 3 conducted by Aerojet for NASA in the early 1970’s pro- 
vided the basis for the current thruster design, namely a proven spark torch igniter. This igniter 
concept utilized two-stage ignition, as shown in Figure 2. The first stage injected a small portion 
(10%) of the fuel into all of the oxidizer that flowed around the spark plug tip and ignited at Point 
<D of Figure 2. This oxidizer-rich (O/F = 50) mixture flowed down the center (Point ®) of a 
sleeve insert which was regeneratively cooled with the remaining (90%) of the fuel. At Point (S), 
the balance of the fuel was injected into the oxidizer-rich core, resulting in a fuel-rich (O/F = 2.0) 
torch at Point ® which, in turn, ignited the main injector. This igniter design was demonstrated 
with GO 2 /GH 2 in more than 100,000 firings over a mixture ratio range of 2 to about 250 and 
inlet temperatures from normal boiling point to ambient. 

Aerojet suspected that the igniter, used in these programs involving larger 
thrusters, could be operated continuously with a small regeneratively cooled chamber to meet the 
requirements of a small (25-lbf) O 2 /H 2 thruster. This concept was designated the integral igniter 
injector with regeneratively cooled thrust chamber, i.e., P-Regen, and was demonstrated in a 
program in the early 1980’s. A residual igniter from the 1970’s programs was used as the injec- 
tor for both radiation and regeneratively cooled thrusters developed by Aerojet in a program 4 
sponsored by the Jet Propulsion Laboratory (JPL). The JPL test results served as the starting 
point for the NASA LeRC Space Station thruster design. 

2. Design Concept 

The assembly for Thruster No. 1, as shown in the cutaway of Figure 3, consists 
of a combination (integral) igniter injector, a regeneratively cooled thrust chamber, fuel 
balancing orifices and a sleeve insert at the chamber forward end. Integral, directly-actuated 
poppet-type valves control the flow of propellants to the thruster. Fuel is first used to regenera- 
tively cool the thrust chamber, flowing counter to the combustion gases. As the fuel exits the 
chamber coolant channels at the forward end, it is collected in an annular manifold formed at the 
interface between the integral igniter injector and the thrust chamber. This annular manifold 
feeds two sets of radial flow passages. One set of passages supplies hydrogen to the injector 
where it impinges radially on the axial flow of spark-energized oxygen, causing ignition in the 
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Figure 3. Cutaway of Thruster No.1 Assembly 
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Ill, A, Design Approach (cont.) 

oxidizer-rich core. For an overall mixture ratio of four (4.0), the core O/F is 16.0. The second 
set of radial flow passages meters the remainder of the hydrogen into axially-slotted passages on 
the outer surface of the sleeve insert. This hydrogen is injected axially as film or barrier cooling 
along the inner wall of the thrust chamber. The film coolant and injector core streams progres- 
sively mix as the core flow is entrained into the film coolant stream, achieving the nominal 
overall O/F of 4.0. 

3. D es ig n Poin t 

The design point for Thruster No. 1, based on the original contract requirements, 
is presented in Table III. Evolution of the Space Station APS requirements to be synergistic with 
water electrolysis occurred subsequent to the establishment and implementation of this design 
point. 


B. DESIGN ANALYSIS 

1. I gnition Analysis 

An extensive data base and analytical/design capability have been established 
for spark-initiated igniters highlighted by the curves in Figures 4, 5, and 6 1 - 2 . These curves 
define the ignition/no ignition boundaries for high pressure, low pressure, and minimum energy 
limits, as illustrated in Figure 7. Based on this extensive data base, the spark igniter operating 
characteristics for Thruster No. 1 are as indicated in Table TV. 

2. Thermal Analysis 

Optimum thruster performance occurred with 60 percent fuel film cooling 
(FFC), as indicated by the JPL performance data of Figure 8; however, since the thruster sleeve 
cooling was predicted to be marginal at 60 percent fuel film cooling, 75 percent fuel film cooling 
was selected for the thruster baseline design. 

A thermal model of the thruster was developed with the computer code 
HOCOOL 6 * 7 which was used for determining coolant requirements and for predicting thermal 
response of rocket thrust chambers, specifically those with hydrogen film and regenerative 
cooling. HOCOOL required the input of two empirical constants: the heat transfer correlation 
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TABLE III 


THRUSTER NO. 1 DESIGN POINT 


Thrust, F-lbf 

25 

Chamber Pressure, Pc-psia 

75 

% FFC 

75 

Overall Mixture Ratio, MR 

4.0 ±1.0 

Core Mixture Ratio, MRcore 

16.014.0 

Fuel Inlet Temperature, TFI-°R 

200 - 530 

Oxidizer Inlet Temperature, TOI-°R 

300 - 530 

Throat Diameter, Dr-in. 

.500 

Chamber Diameter, Dc-in. 

.750 

Contraction Area Ratio, £c 

2.25 

Expansion Area Ratio, 8 

100 

Chamber Length, L', in. 

1.925 
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Breakdown Potential, Volts 


1 


i 



Pressure * Distance, psi * inches 


*Air is assumed to Behave Like Oxygen 


Figure 4. Paschen's Law Curve for Air* 


O2/H2 Flam* Quenching Limit 


i 
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Figure 5. Flame Quenching Limit for (>2 / H 2 
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Energy 



Spark Gap Breakdown 
Limit (Figure 4 REF) 


Figure 7. Spark Ignition limits: High Pressure, Low Pressure, 
Minimum Energy Limits 


TABLE IV 


SPACE STATION THRUSTER NO. 1 
SPARK IGNITER OPERATING CHARACTERISTICS 


Spark lg...ter hi.ergy, mJ 

10 min 

Spark Rate, SPS (Hz) 

300 

Spark Gap, in. 

0.050 

Igniter Sleeve I.D., in. 

0.575 

Breakdown Potential, Volts 

30,000 min. 

Minimum Ignition Pressure, psia 

9 

Maximum Ignition Pressure, psia 

110 

Predicted Nominal Cold Row Pressure, psia 

22 
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REF. 5 Data 

0/F s 2.8 tO 3.0 
Pc = 30 psia 



Figure 8. Experimentally Determined Effect of Fuel Film Coolant 
on Specific Impulse and Mixing Efficiency 
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Ill, B, Design Analysis (cont.) 


coefficient, Cg n , and the entrainment fraction, KSO. The first constant, Cg n , modified the classi- 
cal Bartz heat transfer coefficient to account for flow acceleration effects and injector character- 
istics on chamber heat i. ansfer. 

The entrainment model of HOCOOL utilized a two stream tube mixing model. 
In this model, the core gases from the main injector were considered to be entrained by and to 
mix with the film coolant. This mixing layer comprised one of the stream tubes. The other 
stream tube was the mixed oxidizer-rich core of combustion gases. The rate of entrainment of 
the core gases into the mixing layer was defined by the entrainment fraction, KSO. 

The Cg n profile and the entrainment fraction were based on the JPL thruster test 
program. During this program, a thin-walled 100:1 area ratio rhenium thruster was fired over a 
range of chamber pressure from 30 to 190 psia and mixture ratios from 2.0 to 3.4. Analysis of 
thermocouple data defined the Cg n and the adiabatic wall temperature profiles, the latter of 
which determines the entrainment fraction. 

a. Cgn and Adiabatic Wall Temperature Profiles 

By performing transient wall analyses with a one-dimensional heat con- 
duction code, thermocouple transients from the test data were matched to determine heat transfer 
coefficients and adiabatic wall temperatures. Figure 9 presents a typical match between the 
transient data and computer code calculations. Very good agreement was obtained. The heat 
transfer coefficient s determined with the conduction code have been correlated to the Bartz 
coefficient for non-reactive turbulent flow. The convergent section Cg n profile resulting from 
this correlation is shown in Figure 10. 

Possible flow relaminarization in the convergent section may reduce the 
heat transfer coefficient due to the different functional dependence on Reynolds number as 
shown in Figure 11. The turbulent correlation was used for design purposes, thus providing a 
potential 30% design margin. 

b. Entrainment Fraction 

The entrainment fraction was inferred from the adiabatic wall temperature 
profiles. A typical comparison of the empirical adiabatic wall temperatures with HOCOOL cal- 
culations is shown in Figure 12. HOCOOL very accurately predicted the throat adiabatic wall 


RPT/E0095.68/5 


17 



4200 


3600 


3000 



0 3 6 9 12 15 18 21 24 27 30 


Tim* (Seconds) 

Figure 9. Typical Fit of Reference 5 Thermocouple 
Data with Conduction Code Prediction 
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Figure 11. Comparison of Throat Heat Transfer with Turbulent and Laminar Correlations 


Adiabatic Wall Temperature Deg R) 


HOCOOL Overpredicts 



0 1 1,1 1 , i 1 i i i i i 
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Axial Distance From End of Sleeve (In.) 


Figure 12. Comparison of Reference 5 Thruster 
Adiabatic Wall Temperature Profile 
with HOCOOL Prediction 
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Ill, B, Design Analysis (cont.) 


temperature but somewhat over-predicted divergent nozzle temperatures. Appropriate modifica- 
tions were made to the latter for design purposes. 

3- Berformance Analysis 

Combustion performance of GO 2 /GH 2 was evaluated parametrically over broad 
ranges of design points and operating conditions using the TDK and TBL computer programs 8 - 9 
The results of these parametric studies were incorporated into a performance prediction model 
called ROCKET. To account for the impact of incomplete mixing, ROCKET utilized a mixing 

efficiency parameter, Em, 1 ® which is defined for the simplified two stream tube flow characteri- 
zation as follows: 


1 - Xn 

[(0/F% - (O/F) | 

-X F 

(0/F)-(0/F)f 1| 


1 +(0/F% J 

L(0/F) [ 1 +(0/F)r]Ji 


where: 

(O/F) 0 = mixture ratio of oxidizer-rich stream tube 
(0/F)f = mixture ratio of fuel-rich stream tube 
X 0 = mass fraction of oxidizer-rich stream tube 
Xf = mass fraction of fuel-rich stream tube 

Performance predictions were based on thermal analysis of the JPL test data 
which characterizes the mixing between the core and the film coolant streams in terms of Em 
values. Subsequent analysis using ROCKET and these E m values determined the predicted spe- 
cific impulse (I sp ) for the various operating points being evaluated. Figures 13 and 14 show the 
predicted E m and I sp values, respectively, as a function of overall mixture ratio. The predicted 
values in these two figures were for an injector energy release efficiency (ERE) of 100 percent, 
i.e., a perfect injector. 

4. Chamber Life Analysis 

The 2.0 x 10 6 lbf-sec impulse requirement equates to a total firing duration of 
22.2 hours at a thrust of 25 lbf. During the 10-year design life, the actual duty cycle is expected 
to comprise about 500 deep thermal cycles and perhaps 100,000 impulse bits. The thruster will 
easily meet these requirements. The cycle life estimate is based on the Manson-Halford method 
of universal slopes. 1 1 The thermal strain in the chamber wall is determined at the point of 
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Figure 13. Predicted Mixing Efficiency, E m , for Overall Mixture Ratio 





Isp vs MR 




CM II II 
II 

U. CL H 


1 


i 


8 


mqi 

— — - dsi ‘asinduii omoads 
□as - mi 


9d 


-T O 

s 



Ill, B, Design Analysis (cont.) 


maximum gas side temperature, using finite element thermal and structural models. The calcu- 
lated strain range is used, as shown in Figure 15, to obtain the predicted cycle life for a given 
temperature and time at temperature. 

Chamber life for the thruster has been estimated to exceed 500 deep thermal 
cycles. About seventy deep thermal cycles have been demonstrated in test. Based on wall temp- 
eratures being lower than predicted, the updated life prediction is about 2000 deep thermal 
cycles. Impulse bit capability is effectively infinite because very little thermal strain is devel- 
oped during short firings. 

C. DESIGN DESCRIPTION AND FABRICATION 

The thruster design consists of three major components: the thrust chamber, the 
sleeve insert, and the integral igniter injector. The thrust chamber is made of an axially slotted 
zirconium-copper liner that has an electroformed nickel (EFNi) outer jacket. The EFNi jacket 
closes out the 24 chamber coolant channels and provides structural support for the copper liner. 
The diverging section of the chamber is an optimized Rao contour with a potential flow 
expansion area ratio of 100: 1 . Figure 16 shows the machined chamber liner and Figure 1 7 shows 
the completed thrust chamber. 

The sleeve insert, shown in Figure 18, is designed to fit into the forward end of the 
thrust chamber. Flow-balancing orifices divide the hydrogen flow, which exits the chamber 
coolant channels between the injector and the sleeve. The sleeve is made of nickel (Ni-2(X)) and 
has 18 axial slots cut into the outer diameter for regenerative cooling and axial injection. 

The integral igniter injector consists of a machined stainless steel igniter body and a 
nickel (Ni-200) platelet injector. Propellant distribution and metering occur within the pho- 
toetched flow passages of the individual injector platelets. These individual platelets are diffu- 
sion-bonded to form a homogeneous structure which becomes the injector. The injector is 
brazed to the igniter body to complete the assembly. Provisions are made within the igniter body 
to mount the spark plug, the chamber pressure transducer and the oxidizer valve. Both propellant 
valves mount directly onto the thruster. Figure 3 shows a cutaway of the thruster assembly with 
all of the thruster components identified. 


RPT/E0095.68/7 


25 



I 



26 


Slopes for Low Cycle Fatigue 
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Figure 17. Completed Chamber Assembly - Thruster No. 



Ill, Space Station Thruster No. 1 (cont.) 

D. TEST 

1. lest Setup 

The space station thruster was tested in the altitude test facility shown in 
Figure 19, which was equipped with a hardware test cell, an 1 1,000 cubic foot altitude chamber, 
and the necessary auxiliary instrumentation, controls, and data recording equipment. The 
thruster hardware mounted to a test stand designed to measure thrust, as shown in Figure 20. 

The thruster and stand were installed as a subassembly into the test cell, as shown in Figure 21, 
where the thruster nozzle was positioned to exhaust into a water-cooled diffuser linking the test 
cell with the altitude chamber. The diffuser maintained required cell pressure, and ensured that 
the thruster nozzle flowed full. Propellant supply lines were plumbed to the test cell from a stan- 
dard GH 2 trailer and a 50 cubic foot, 6000 psi facility gaseous oxygen supply. 

The altitude chamber was equipped with two two-stage pump units, each unit 
being composed of a first-stage reciprocating pump and a second-stage blower. These two units 
could pump at a combined rate of 4800 CFM to maintain a simulated altitude of 100,000 to 
1 30, 000 feet at a maximum continuous thrust of 25 lbf. 

2. Instrumentation 

The thruster test assembly was instrumented to measure thrust, propellant 
flowrates, inlet pressures and temperatures, coolant bulk temperature rise, thrust chamber pres- 
sure and chamber backside wall temperatures. There were 16 backside thermocouples, located in 
two rows located 180 degrees apart, the rows being designated “A” and “B.” Each row had a 
thermocouple positioned at eight axial stations along the chamber, thus providing a temperature 
measurement (A or B) at each axial station, i.e., Station 1, Station 2, ... etc. These axial stations 
were located according to Figure 22, while the test instrumentation is summarized in Table V. 

3. Test Summary 

Thruster No. 1 was tested extensively, covering a broad range of mixture ratio 
(O/F) and percentage fuel film cooling (FFC). Tables VI and VII provide a summary of tests run 
with regard to O/F and percent FFC, respectively. The thruster was tested from an O/F of 2.2 to 
8. 1 , far exceeding the design range of 3.0 to 5.0. Furthermore, testing covered percent FFC from 
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Figure 19. Aerojet Altitude Test Facility for Small Thrusters 
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Figure 21. Test Cell with Mounted Test Stand 








TABLE V 


TEST INSTRUMENTATION 
SPACE STATION THRUSTER NO. 1 


Parameter 

Symbol 

Range 

Pressure 

Fuel Tank Pressure 

PFT 

As Required 

Fuel Venturi Inlet Pressure 

PFVI 

As Required 

Fuel Thrust Chamber Valve JN 

PFTCVI 

100 - 300 psia 

Fuel Chamber Inlet Pressure 

PFCI 

80 - 200 psia 

Oxidizer Tank Pressure 

POT 

As Required 

Oxidizer Venturi Inlet Pressure 

POVI 

As Required 

Oxidizer Thruster Chamber Valve Injector 

POTCVI 

100 - 300 psia 

Oxidizer Injector Manifold 

POJ 

75 - 300 + psia 

Chamber Pressure 

PC 

50 - 150 psia 

Spark Plug Cavity Pressure 

PSPC 

50 - 150 psia 

Thrust 

Measured Thrust, Bridge A 

Fa 

15-50 lbf 

Measured Thrust, Bridge B 

Fb 

15 - 50 lbf 

Propellant Temperatures 

Fuel Venturi Inlet Temperature 

TFVI 

32° - 2300°F 

Fuel Chamber Inlet Temperature 

TFCI 

32° - 2300°F 

Fuel Injector Manifold Temperature 

TFJ 

32° - 2300°F 

Oxidizer Venturi Inlet Temperature 

TOVI 

32° - 2300° F 

Igniter Body Temperature 

TBIG 

32° - 2300°F 
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TABLE V 


TEST INSTRUMENTATION 
SPACE STATION THRUSTER NO. 1 
(Continued) 


Location, x 


Parameter 

Symbol 

Range 

(in.) 

Chamber Temperature 
Forward Sleeve 

TCA1;TCB1 

32° - 2300°F 

1.10 

Sleeve Exit 

TCA2;TCB2 

32° - 2300°F 

1.68 

Mid-Barrel Section 

TCA3;TCB3 

32° - 2300°F 

2.50 

Convergent Section 

TCA4;TCB4 

32° - 2300°F 

3.25 

Throat 

TCA5;TCB5 

32° - 2300°F 

3.60 

Forward Divergent Section 

TCA6;TCB6 

32° - 2300°F 

5.90 

Middle Divergent Section 

TCA7;TCB7 

32° - 2300°F 

8.30 

Aft Divergent Section 

TCA8;TC81 

32° - 2300°F 

10.65 
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TABLE VI 

THRUSTER NO. 1 TEST SUMMARY FOR MIXTURE RATIO RANGE 


Mixture Ratio 
O/F 

Total Duration 
(sec) 

Total Impulse 
(lbf-sec) 

2 

60 

1,302 

3 

240 

5,107 

4 

3,735 

89,526 

5 

224 

5,576 

6 

221 

4,728 

7 

17,563 

428,997 

8 

155 

3,221 

Total 

22,198 

538,457 
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THRUSTER NO. 1 TEST SUMMARY FOR PERCENT FUEL FILM COOLING RANGE 


Fuel Film Cooling 

(%) 

Mixture Ratio 
(O/F) 

Total Duration 
(sec) 

Total Impul 
(lbf-sec) 

59 

3 

60 

1,662 


4 

980 

26,221 


5 

55 

1,386 


6 

19 

456 

64 

3 

60 

1,602 


4 

687 

16,458 


5 

72 

1,749 

74 

4 

1,547 

35,949 


5 

97 

2,441 

85 

4 

271 

6,314 


7 

17,219 

420,063 


8 

51 

1,056 

87 

2 

60 

1,302 


4 

120 

2,184 


6 

120 

2,376 


8 

66 

1,332 

88 

6 

60 

1.314 


8 

38 

833 

92 

3 

120 

1,843 


4 

130 

2,400 


6 

22 

582 

95 

7 

344 

8,934 


Total 

22,198 

538,457 
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Ill, D, Test (cont.) 


59 to 95. Appendix B contains a test log and reduced data of all the tests that were run for 
Thruster No. 1 . 

4. Exp eriment al Results 

The wide range of mixture ratio was incorporated into the test plan after com- 
pletion of hardware fabrication to demonstrate the feasibility of successfully operating a thruster 
on the products of water electrolysis (O/F = 8.0). At the time, mission studies showed that addi- 
tional hydrogen may be available from other sources, such that O/F capability from 4.0 to 8.0 
was likely, with the average O/F falling between 4.5 and 5.2. Potentially, only 20 percent of the 
total impulse may be generated at an O/F of 8.0; nevertheless, most of the impulse (432,000 lbf- 
sec) for thruster No. 1 was obtained at mixture ratios from 7.0 to 8.0, with the longest firing 
duration being 2200 seconds at an O/F of 7.5. The thrust chamber showed absolutely no sign of 
any degradation from the testing. 

Thermal data agree reasonably well with predicted values for the thruster design 
point, indicating that the thermal model was satisfactory. Measured and predicted backside wall 
temperature profiles were compared at a mixture ratio of 4.0 in Figures 23 and 24 for 60 and 75 
percent fuel Film cooling, respectively. An excellent correlation existed between predicted and 
measured values for the diverging section of the chamber. For the converging and cylindrical 
sections, it appeared that axial conduction averted the highs and lows predicted by the one- 
dimensional HOCOOL model. In Figures 23 and 24, the maximum measured backside tempera- 
ture was within a few percent of the average predicted chamber values. Likewise, measured 
coolant bulk temperature rises were within 10 percent of predicted values. 

Additional thermal data are given in Figures 25 and 26. Figure 25 shows 
maximum backside temperature variations with percent fuel film cooling. Maximum backside 
temperatures decreased linearly with increasing film cooling and appeared to be much more sen- 
sitive to mixture ratio. Figure 21 supported this conclusion of a stronger dependence on mixture 
ratio than on film cooling. The high mixture ratio (7 to 8) tests were also indicated in Figures 25 
and 26, where it was apparent that the wall temperatures were high at these off-design operating 
points. 


The igniter body, oxidizer valve body and thruster mounting plate temperatures 
were also monitored during testing, never exceeding values of 200°F, 75°F, and 250°F, respec- 
tively. These values were maintained regardless of operating point or test duration, even for the 
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Chamber Axial Distance from Throat Plane, x - in. 

Figure 23. Backside Temperature Profile with 60 Percent FFC 
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Figure 25. Maximum Backside Temperature Variation with FFC 
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Ill, D, Test (corn.) 


2200 second test previously mentioned. Such low temperatures assure minimum heat rejection 
to the vehicle. 


Performance varied widely with film cooling and mixture ratio, as indicated in 
Figures 27 and 28; however, variations were linear. Predicted and measured values for perfor- 
mance did not agree as well as for temperature, although the trends were predicted correctly. It 
appeared that the larger the proportion of hydrogen flowing through the injector, the better the 
prediction. This condition was attributed to a momentum ratio effect in the core and was influ- 
enced by the injector hydraulics. The momentum ratio effect was most pronounced at the off- 
design operating points for mixture ratios of 7.0 to 8.0. At these high mixture ratios, the hydro- 
gen injection momentum was so low that performance was degraded by 10 to 15 percent. This 
degradation could be recovered by optimizing the injector hydraulics for the higher mixture 
ratios. 

E. EVALUATION OF RESULTS 

In reviewing the experimental results of Thruster No. 1, specifically the measured 
versus predicted performance values of Figures 27 and 28, there was concern expressed over the 
apparent disparity in these values. To address this concern, a careful evaluation was performed 
to document the methodology employed to predict performance, as well as to identify the 
cause(s) of the performance degradation. 

As mentioned previously, the performance predictions were based on measured JPL 
data which provided the basis for defining a mixing efficiency, E m . This data was previously 
given in Figure 8, and was used in determining the percent FFC for the thermal analysis. The E m 
values indicated were overall mixing efficiencies, which were influenced by two distinct mixing 
zones, as shown in Figure 29. The first zone was comprised of 100 percent of the GO 2 and 40 
percent (for 60 percent FFC) or perhaps 25 percent (for 75 percent FFC) of the GH 2 . The GH 2 
impinged normal to the GO 2 flowing through the annulus formed between the spark plug tip and 
the inner diameter of the platelet stack. These core gases mixed as they flowed along the inner 
diameter of the sleeve. At the end of the sleeve, the core gases began to be entrained into the 
FFC exiting the end of the sleeve, thus forming the second mixing zone. These two zones were 
treated with a two stream tube model, one stream tube being oxidizer-rich and the other being 
fuel-rich, as discussed in Section III, B, 3. 
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Percent Fuel Film Cooling, FFC 

Figure 27. Performance Variation with Percent FFC 
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Figure 29. Two Mixing Zones of Thruster Design 



Ill, E, Evaluation of Results (cont.) 


The JPL data of Figure 8 defined the trends of combustion efficiency with percent 
FFC. At an O/F of three (3.0), reasonable combustion efficiencies of approximately 95 percent 
(E m = 0.5) were attained at 60 percent PTC. Even at 90 percent FFC, where the combustion effi- 
ciency decreased to approximately 85 percent (E m = 0.25), the delivered specific impulse was 
still 390 to 400 lbf-sec/lbm for the JPL thruster. This performance reduction associated with 
increased percentage FFC could be caused by either a decrease in the core mixing efficiency or 
in the core-to-coolant mixing efficiency. 

In reviewing Figures 27 and 28 for the performance of the NASA LeRC Thruster 
No. 1 , it is apparent that there was a significant decrease in I sp with increasing FFC and O/F, 
respectively. Actually, the performance decrease associated with increasing FFC on Thruster 
No. 1 was greater than observed with the JPL data and greater than predicted. Also, the perfor- 
mance decrease with respect to increasing mixture ratio was dependent upon the percent FFC and 
was worse than predicted. At high percentages of FFC (-92%), performance was essentially 
constant for mixture ratios varying from 3.0 to 6.0. The first consideration in understanding 
these unexpected performance trends was to evaluate the methodology employed in the predic- 
tions. 


Aerojet has used both the simplified and the rigorous JANNAF methodology for 
predicting engine performance, these two approaches being outlined in Appendix C. In the case 
of Thruster No. 1, the pretest performance predictions were based on the simplified JANNAF 
methodology and the previous JPL design. The performance losses considered included the fol- 
lowing: 


• Kinetics Efficiency (T|kn) - One-Dimensional Kinetics (ODK) Program - tabu- 
lated data from 15 degree cones and corrected for throat size. 

• Boundary Layer Loss (AFBL) - Boundary layer charts from the Turbulent 
Boundary Layer (TBL) code. 

• Divergence Efficiency (tjdiv) - Rao nozzle design charts. 

• Energy Release Efficiency (T|ere) - Combustion inefficiency due to incomplete 
mixing before reaching the chamber throat. 
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Ill, E, Evaluation of Results (corn.) 


Of these losses, the Energy Release Efficiency (ERE) was the least well-characterized 
for it must account for the intra-core mixing efficiency as well as the core-to-coolant mixing effi- 
ciency. Subsequent to Thruster No. 1 testing, analyses were run using test data which deter- 
mined ERE with respect to O/F. Figure 30 shows ERE plotted as a function of O/F for 59 per- 
cent FFC. In addition, curves for ODE, ODK and a perfect injector (ERE = 100 percent) are 
included in Figure 30. ERE declines significantly with increasing O/F for a fixed FFC of 59 per- 
cent, indicating that incomplete propellant mixing was the major cause in the decline of perfor- 
mance at the higher mixture ratios. 


The cause(s) of the significant decrease in ERE with increasing O/F was from a 
decrease in either the core mixing efficiency or the core-to-coolant mixing efficiency. The core 
to coolant mixing efficiency was determined not to be a contributing factor based on Figure 3 1 . 
In this figure, ERE was independent of the percentage of FFC and the coolant-to-core velocity 
ratio, the latter being the significant factor in the mixing efficiency of the core and FFC flows. 
ERE was highly dependent on O/F, or on the amount of GH 2 flow into the core, i.e., the more 


GH 2 into the core (lower mixture ratios), the higher the ERE. 


Therefore, it was concluded that the mixing efficiency of the core gases was the pre- 
dominant cause in the degradation of ERE with increasing O/F and that momentum flux ratio (pj. 
VpVpox Vox 2 ) was the primary factor affecting core mixing efficiency. Previous work per- 
formed on the Multiple Jet Study 12 * 13 correlated jet penetration and total mixing (Ej) to 
operating and design parameters. These correlations, when applied to the Space Station Thruster 
No. 1 , indicated the design did not produce good mixing at higher mixture ratios and percentages 
of FFC, confirming the aforementioned conclusions. Specifically, Thruster No. 1 had inadequate 
fuel/oxidizer (H 2 /O 2 ) momentum flux ratio and mixing length to achieve a high mixing effi- 
ciency (and ERE) at the higher mixture ratios and percentages of FFC, as was evidenced by 
Figures 32 and 33. The effect of momentum flux ratio and of FFC on ERE was further 
highlighted by Figure 34. Appropriate design modifications to improve injector hydraulics 
(H 2 /O 2 momentum flux ratio) and effective mixing length would improve the mixing efficiency 
of the core and thereby improve the ERE (I sp ) of the thruster at the higher mixture ratios and 
percentages of FFC. 
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Figure 30. Energy Release Efficiency and Specific Impulse Trends with Increasing O/F 
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Figure 31. Energy Release Efficiency for Constant %FFC and Velocity Ratio 







52 


Figure 32. Current Space Station Thruster has Inadequate H 2 /O 2 Monmentum 
Flux Ratio and Mixing Length for Core Flow at High Mixing Ratio 




Figure 34. ERE for Increasing %FFC and Momentum Flux Ratio 


Ill, Space Station Thruster No. 1 (cont.) 

F. CONCLUSIONS 

The technology tor a 25 lbf GO 2 /GH 2 thruster for Space Static., piupulsion was suc- 
cessfully demonstrated. Based on a previously proven igniter concept, a good thruster design 
approach was confirmed through extensive hot-fire testing, which covered mixture ratios from 
two (2.0) through eight (8.0) and FFC from 59 to 92 percent. The corresponding data base pro- 
vided a substantial foundation upon which to evaluate the thruster operation and to establish the 
key design parameters affecting thruster performance. An optimized thruster for successful O/F 
= 8.0 operation could now be designed. 
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IV. SPACE STATION THRUSTER NO. 2 


A. DESIGN APPROACH 

1. Design Background 

The design and the test results from Thruster No. 1 formed the basis from which 
Thruster No. 2 was designed. Figure 30 indicated that a minimum ERE of 96 percent was 
required to obtain good performance (Isp)* In addition, Figures 32, 33, and 34 showed that a 
momentum flux ratio of 17.0 corresponded to the desired 96 percent ERE (O/F = 3.0 and FFC = 
59 %). Therefore, Figure 35 was prepared to relate the Thruster No. 1 test data with another 
mixing efficiency parameter, Ej, defined in References 12 and 13. This Ej parameter was 
directly related to the previously discussed momentum flux ratio, J, within the injector core. An 
Ej of 60 percent corresponded to an ERE of 96 percent (O/F = 3.0 and 59 percent FFC). 
Therefore, J and Ej became the guiding parameters for the design of the injector hydraulics to 
assure good core mixing. Specifically, a minimum value of 20 was established for J, and Ex had 
to surpass 60 at an O/F of 8.0, for design purposes 

2. Design Concept 

The design concept was not changed for Thruster No. 2, because the concept 
was believed to be a good one; however, Thruster No. 2 was modified based on Thruster No. 1 
test results and optimized for O/F = 8.0. For such an overall mixture ratio (8.0), the core mixture 
ratio was 20.0 for 60 percent FFC. The Thruster No. 2 assembly is shown in Figure 36. 

There were seven significant modifications implemented in the design of 
Thruster No. 2 and these modifications were as follows: 

(1) Decreased potential flow expansion area ratio (e) from 100: 1 to 30: 1 — 
lowered coolant bulk temperature rise and lowered fabrication costs; 

(2) Increased the number of chamber coolant channels from 24 to 32 — 
improved chamber cooling; 

(3) Changed coolant channel geometry to permit variable depth channels so 
that coolant velocity could be increased at high heat flux locations — 
improved chamber cooling; 
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Figure 35. Mixing Efficiency, E T , for Thruster No.1 







IV, A, Design Approach (cont.) 

(4) Increased chamber contraction area ratio (£<;) from 2.25 to 4.00 — 
increased inner surface area, thus lowering effective heat flux; 

(5) Reduced chamber gas-side wall thickness from 0.080 to 0.040 inches — 
improved chamber cooling; 

(6) Changed injector hydraulics to provide a minimum fuel-to-oxidizer 
momentum flux ratio of 20 — improved injector core mixing and thruster 
performance; 

(7) Removed rearward facing step between injector and sleeve — improved 
injector core mixing and thruster performance. 

The initial five modifications were incorporated in the chamber design; the latter two modifica- 
tions were incorporated into the injector and sleeve designs, with the seventh modification 
depicted in Figure 37. Based on the design changes implemented, Figures 33 and 35 were 
updated as Figures 38 and 39, respectively, indicating that the injector hydraulics would provide 
the desired core mixing. 

3. Design Point 

The design point for Thruster No. 2, based on the new contract requirements of 
Table II, were contrasted with the design point of Thruster No. 1 in Table VIII. This design 
point was compatible with the requirement for water electrolysis generated propellants, namely 
O/F = 8.0 operation. 

B. DESIGN ANALYSIS 
1. Ignition Analysis 

The same type of ignition analysis was performed for Thruster No. 2 as was per- 
formed for Thruster No. 1. This analysis resulted in the spark igniter operating characteristics of 
Table IX. 
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Figure 38. Momentum Flux Ratio Compared for Thruster Nos. 1 and 2 


0/F = 8 THRUSTER 
DESIGN 
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Figure 39. Mixing Efficiency, E T , Compared for Thruster Nos. 1 and 2 




TABLE Vm 

DESIGN POINTS, NASA LeRC SPACE STATION THRUSTERS 


Parameter 

Thruster No. 1 
First Generation 

Thruster No. 2 
Second Generation 

Thrust, F-lbf 

25 

25 

Chamber Pressure, Pc-psia 

75 

75 

% FFC 

75 

60 

Overall Mixture Ratio, MR 

4 

8 

Core Mixture Ratio, MRcoRE 

16 

20 

Fuel Inlet Temperature, TFI-°R 

200 - 530 

200 - 530 

Oxidizer Inlet Temperature, TPI-°R 

300 - 530 

300 - 530 

Throat Diameter, Dy-in. 

.500 

.500 

Chamber Diameter, Dc-in. 

.750 

1.000 

Contraction Area Ratio, Ec 

2.25 

4.00 

Expansion Area Ratio, e 

100 

30 

Chamber Length, L’, in. 

1.925 

2.000 
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TABLE IX 


SPACE STATION THRUSTER NO. 2 
SPARK IGNITER OPERATING CHARACTERISTICS 


Spark Igniter Energy, mJ 

10 min 

Spark Rate, SPS (Hz) 

60 min. 

Spark Gap, in. 

0.200 

Igniter Sleeve I.D., in. 

0.810 

Breakdown Potential, Volts 

40,000 

Minimum Ignition Pressure, psia 

3.70 

Maximum Ignition Pressure, psia 

36.0 

Predicted Nominal Cold Flow Pressure, psia 

22.4 
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IV, B, Design Analysis (cont.) 


2. Thermal Analysis 

The ot.- thermal model was utilized during the design of Thruster No. 2, 
which required the input of the two empirical constants previously mentioned in Section III, B, 2. 
These constants, C gn and Km (formerly KSO), were still based on the aforementioned JPL data. 

A gas-side temperature profile was predicted for the nominal chamber pressure (75 psia), 
depicted in Figure 40. In addition, temperature profiles were prepared for 40 percent (30 psia) 
and 135 percent (101 psia) of nominal chamber pressure (75 psia), presented in Figures 41 and 
42, respectively. These three cases were at a mixture ratio of eight (8.0) and 60 percent FFC. 

3. Performance Analysis 

The output from the thermal mixing model was used to establish the characteris- 
tics of the two stream model used in the performance model. The performance analysis 
accounted for two-dimensional effects, as well as kinetics, divergence and boundary layer losses. 
The performance prediction was documented in Table X for the design point. Performance pre- 
dictions for the thruster operating range were made, as displayed in Figure 43. The performance 
improvement for higher area ratios was determined and presented in Figure 44. 

4. Chamber Life Analysis 

The temperature differential through the chamber wall was predicted to be about 
100°F, which was very small. The associated thermal strain range was predicted to be on the 
order of 0.2 percent. Such a small thermal strain range gave a low cycle fatigue (LCF) life in 
excess of 10,000 cycles according to the Manson-Halford method of universal slopes 11 ; there- 
fore, LCF was considered to not be an issue. The design also surpassed the minimum criteria for 
creep rupture; consequently, the life limiting case would be high cycle fatigue (HCF). 

C. DESIGN DESCRIPTION AND FABRICATION 

The Thruster No. 2 design was similar to Thruster No. 1 and consisted of three major 
components: the thrust chamber, the sleeve insert, and the integral igniter injector. The thrust 
chamber was made of an axially slotted zirconium-copper (ZrCu) liner that had an electroformed 
nickel (EFNi) outer jacket. This EFNi outer jacket closed out the 32 chamber coolant channels 
and provided the structural support for the ZrCu liner. The diverging section of the chamber was 




TABLE X 

DESIGN POINT PERFORMANCE PREDICTION FOR THRUSTER NO. 2 


Nozzle contour (potential flow) is optimized at e = 30:1 for 85% bell. 

Boundary layer displacement thickness is accounted for by the geometric nozzle contour. 

MR = 8. FFC = 60% 


Turbulent Laminar 


ODK 

384.3 


ODE 

406.0 


% Kin 

94.655 


TDE 

404.0 


TDE * % Kin 

382.4 


97% ERE 

370.9 

370.9 

BLM Losses 

9.9 

7.6 

Isp* 

361.0 

363.3 


* Isp for a perfect injector is approximately 387. 
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WALL TEMPERATURE (DEG E) 


1000.00 


O/F = 8.0 
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Pc = 30 psia 
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Figure 41. Predicted Gas-Side Wall Temperature Profile for 40 Percent 
of Nominal Chamber Pressure 
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Figure 42. Predicted Gas-Side Wall Temperature Profile for 135 Percent 
of Nominal Chamber Pressure 
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Figure 43. Performance Predictions for Operating Range of Thruster No. 2 


0/F = 8 Thruster Design 
FFC = 60% 

85% Bell Nozzle 
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Mixture Ratio, O/F 

Figure 44. Effects of Nozzle Extensions on Delivered Performance 




IV, C, Design Description and Fabrication (cont.) 

an optimized Rao contour (85 percent bell) with a potential flow expansion area ratio of 30: 1 . 
Figure 45 shows the machined chamber liner. 

The sleeve insert was similar to the one for Thruster No. 1 pictured in Figure 1 8. This 
insert was designed to fit into the forward end of the thrust chamber. A flow-balancing washer 
divided the fuel (GH 2 ) flow that exits the chamber coolant channels between the injector (40 per- 
cent) and the sleeve (60 percent). The sleeve was machined from nickel (Ni-200) and had 30 
axial slots milled on the outer diameter for regenerative cooling and axial FFC injection. 

The integral igniter injector consisted of a machined stainless steel igniter body and a 
Ni-200 platelet injector. Propellant distribution and metering occurred within the photochemi- 
cally machined flow passages of the individual injector platelets. These individual platelets were 
diffusion-bonded to form a homogeneous structure which became the injector. This injector was 
brazed to the igniter body to complete the assembly. Provisions were made within the igniter 
body to mount the spark plug, the chamber pressure transducer, the injector fuel and oxidizer 
manifold pressure transducers, and the oxidizer valve. Both propellant valves mounted directly 
to the thruster to minimize dribble volume for pulsing duty cycles. The cutaway of Thruster No. 
2 was documented in Figure 36, the completed thrust chamber assembly in Figures 46 and 47. 

D. TEST 

1. Test Setup 

The Space Station Thruster No. 2 was assembled at Aerojet and shipped to 
NASA LeRC for altitude testing in their new low-thrust rocket engine facility. The thruster was 
mounted to a test stand within the LeRC facility designed to measure thrust. A water-cooled 
diffuser maintained the required nozzle back pressure to ensure that the thruster nozzle flowed 
full. Propellants were plumbed to the test cell from standard GH 2 and GO 2 trailers. 

2. Instrumentation 

The thruster test assembly was instrumented to measure thrust, propellant 
flowrates, inlet pressures and temperatures, coolant bulk temperature rise, and chamber internal 
(gasside) and external (backside) wall temperatures. There were thirty (30) thermocouples inte- 
gral with the thrust chamber: 
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Figure 45. Machined ZrCu Chamber Liner for Thruster No. 2 
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Figure 46. Thrust Chamber Assembly - Aft End 
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IV, D, Test (cont.) 

• four (4) fuel injector manifold (TFJ) thermocouples — one (1) was 
required, three (3) were redundant; 

• twelve (12) chamber internal (gasside) wall (TCI) thermocouples — six 
(6) were required, six (6) were redundant; 

• fourteen (14) chamber external (backside) wall (TCE) thermocouples — 
seven (7) were required, seven (7) were redundant. 


Two additional thermocouples were added to the chamber external wall in the converging and 
throat regions after Test No. 041 . The aforementioned test instrumentation is summarized in 
Table XI and depicted in the schematic of Figure 48. 


Further definition of the thermocouple positions was provided by Figures 49, 


50, 5 1 and 52. Figure 49 defined the axial positions of the thermocouples relative to datum |-A- 


, these positions designated as Station Nos. 1 through 7. The external thermocouples added after 
Test No. 041, TCE-CNVRG and TCE-THRT, were included for reference. Figure 50 designated 
the thermocouple row assignments, i.e. Row A, Row B, Row C, and Row D. Rows A and C 
were identical, as were Rows B and D, thus providing redundancy as well as to guard against 
attrition during fabrication. The internal thermocouples (TCI) were located in four channels 
milled in between the cooling channels, as indicated in Figure 50. These four channels (Rows A 
through D) were documented in Figures 51 and 52. Thermocouples were brazed within these 
four channels prior to electroforming the nickel (EFNi) closeout. Axial station four (4) was 
common to all four rows to provide measurement of circumferential temperature variations. The 
thermocouples were designated by internal or external location (TCI or TCE), by axial station 
and by row, e.g. TCI-1 A, TCE-4C, TCI-3B, etc. 


3. Test Summary 

Thruster No. 2 was given basic checkout testing at the NASA LeRC test facility 
during the summer of 1989. This testing covered a broad range of mixture ratio (O/F), but a nar- 
row range of fuel film cooling (FFC), i.e., an O/F range from 3.0 to 9.5, and FFC’s of 55.2, 60.9, 
and 64.2 percent. Tables XII and XIII summarized the tests run with regard to O/F and FFC, 
respectively. 
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TABLE XI 


TEST INSTRUMENTATION 
SPACE STATION THRUSTER NO. 2 


roiuincter 

Mneumonic 

Range 

Pressure 

Fuel Pressure, Tank 

PFT 

TBD 

Oxid Pressure, Tank 

POT 

TBD 

Fuel Pressure, Venturi Inlet 

PFVI 

TBD 

Oxid Pressure, Venturi Inlet 

POVI 

TBD 

Fuel Pressure, Thrust Chamber Valve Inlet 

PFTCVI 

50 - 300 psia 

Oxid Pressure, Thrust Chamber Valve Inlet 

POTCVI 

50 - 300 psia 

Fuel Pressure, Injector Manifold 

PFJU) 

20 - 200 psia 

Oxid Pressure, Injector Manifold 

POJO) 

20 - 200 psia 

Chamber Pressure 

PCO) 

15 - 150 psia 

Thrust 

Thrust, 

FI 

5 - 50 lbf 

Redundant Thrust 

F2 

5 - 50 lbf 

Temperature 

Fuel Temp., Venturi Inlet 

TFVI 

TBD 

Oxid Temp., Venturi Inlet 

TO VI 

TBD 

Fuel Temp., Thrust Chamber Valve Inlet 

TFTCVI 

-260° - 70°F( 2 ) 

Oxid Temp., Thrust Chamber Valve Inlet 

TOTCVI 

-160° - 70°F(2) 

Fuel Temp., Injector Manifold 

TFJ( 3 ) 

250° - 600°F(6) 

Internal Chamber Wall Temp. 

TCI( 4 ) 

40° - 1000°F(6) 

External Chamber Wall Temp. 

TCE( 5 ) 

40° - 1000°F(6) 
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TABLE XI 


TEST INSTRUMENTATION 
SPACE STATION THRUSTER NO. 2 
(Continued) 


Parameter 


Mneumonic Range 


Electrical 


Current Trace, Fuel Thrust Chamber Valve 

IFTCV 

TBD 

Current Trace, Oxid Thrust Chamber Valve 

IOTCV 

TBD 

Voltage Trace, Fuel Thrust Chamber Valve 

VFTCV 

0 - 32 Volts 

Voltage Trace, Oxid Thrust Chamber Valve 

VOTCV 

0 - 32 Volts 


(1 ) Ports for indicated pressures are integral with the thruster. 

(2) Indicated temperature range is the design range; however, actual temperature range is 
facility dependent and will probably be limited to perhaps 40° to 70°F. 

(3) Four TFJ thermocouples are integral with the thruster; however, only one is required (three 
are redundant). 

(4) Twelve TCI thermocouples are integral with the chamber outside wall; however, only 
sevem are required (seven are redundant). 

(6) Indicated temperature ranges are estimates only. 

Additional instrumentation may be required to monitor test cell pressure and temperature, load 

cell temperature, and other facility parameters. All thermocouples that are integral with die 

thruster are ANSI Type K (Chromel/Alumel) with a range of 32 to 2300°F. 
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Figure 48. Instrumentation Schematic for Space Station Thruster No. 2 
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Figure 51. Row A and Row C Thermocouples 
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Figure 52. Row B and Row D Thermocouples 




TABLE XII 


THRUSTER NO. 2 TEST SUMMARY 
FOR 

MIXTURE RATIO RANGE 


Mixture Ratio Total Duration Total Impulse 

O/F (sec) (lbf-sec) 


3.0 

105 

2,265 

3.5 

230 

5,880 

4.0 

629 

15,960 

4.5 

20 

507 

5.0 

666 

18,232 

5.5 

10 

249 

6.0 

534 

14,718 

6.5 

5 

131 

7.0 

295 

7,714 

7.5 

9 

216 

8.0 

328 

8,433 

8.5 

14 

338 

9.0 

— 

— 

9.5 

22 

, 926 

Total: 

2,882 

75,569 
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TABLE XIII 


Fuel Film Cooling, 
FFC - (%) 


55.2 


60.9 


64.2 


THRUSTER NO. 2 TEST SUMMARY 
FOR 

PERCENT FUEL FILM COOLING RANGE 


Mixture Rato Total Duration, Total Impulse, 

O/F t-(sec) It-(lbf-sec) 


3.0 

5 

124 

3.5 

85 

2,106 

4.0 

154 

3,664 

5.0 

148 

4,234 

6.0 

135 

3,917 

7.0 

65 

1,802 

7.5 

4 

91 

8.0 

84 

2,014 

8.5 

9 

216 

3.0 

95 

2,023 

3.5 

140 

3,644 

4.0 

405 

10,479 

4.5 

15 

381 

5.0 

448 

12,276 

5.5 

10 

249 

6.0 

334 

9,181 

6.5 

5 

131 

7.0 

168 

4,320 

7.5 

5 

125 

8.0 

235 

6,204 

8.5 

5 

122 

9.5 

37 

926 

3.0 

5 

118 

3.5 

5 

130 

4.0 

70 

1,817 

4.5 

5 

126 

5.0 

70 

1,722 

6.0 

65 

1,620 

7.0 

62 

1,592 

8.0 

9 

215 

Total: 

2,882 

75,569 
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IV, D, Test (cont.) 


4. Experimental Results 

The testing performed at NASA LeRC during the summer of 1989 consisted 
solely of limited checkout testing. Some initial ignition problems were caused by an improperly 
insulated high voltage cable, but these were ultimately resolved. In addition, the sealing surface 
at the injector/chamber interface was scratched while resolving the ignition problem, resulting in 
below normal performance measurements due to slight GH 2 leakage during a number of tests, 
occurred. As a result, the number of tests providing a true view of the Thruster No. 2 operation 
were fewer than desired, but sufficient to determine its operating characteristics. Tests were 
conducted over mixture ratios ranging from 2.86 to 9.47 at fuel film cooling (FFC) percentages 
of 55.2, 64.2 and 60.9. Due to the aforementioned GH 2 leakage, the tests for FFC’s of 55.2 and 
64.2 percent were suspect as performance measurements were too low. Tests at 60.9 percent 
FFC with and without GH 2 leakage showed a consistent trend. 

The measured thruster performance for 60.9 percent FFC at a nominal chamber 
pressure of 75.0 psia followed the predicted performance within 1 to 2 percent from a mixture 
ratio of 3.0 to 8.0, as shown in Figure 53. The line for the predicted values was for an assumed 
injector energy release efficiency (ERE) of 97 percent. The maximum ERE determined for 
Thruster No. 1 was 96.1 percent. Using this ERE value for predicting performance resulted in 
Figure 54, where the predicted and the measured performance coincided over the range of 
mixture ratio from 3.0 to 8.0. 

Unlike the performance data, the measured thermal data did not closely follow 
the prediction. The trend was right, but the magnitude was high by about 200°F for the gas-side 
wall. In addition, the AT through the chamber wall appeared to be less than the predicted 100°F. 
These comparisons were depicted in Figure 55. Although the wall temperature was higher, the 
fact that the AT was lower indicated an even greater low cycle fatigue (LCF) life available; how- 
ever, the LCF was already in excess of 10,000 cycles for a predicted AT of 100°F. 

E. EVALUATION OF RESULTS 

Since Space Station Thruster No. 2 had a significant number of thermocouples (T/C) 
for taking gas-side and back-side wall temperature data, as well as coolant bulk temperature rise, 
calibration of the thermal model was performed. The thruster was instrumented with 12 gas-side 
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Figure 53. Predicted Vs. Measured Performance for an Assumed Injector ERE of 97.0% 
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Pretest Predicted vs Measured Wall Temperatures 
(Earlier Model @ Nominal Conditions) 

Pretest Thermal Model @ Nominal (Design Point) Conditions 
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IV, E, Evaluation of Results (cont.) 

thermocouples and 18 back-side thermocouples scattered over a grid of 7 axial stations and 4 cir- 
cumferential positions, as shown in Figure 56, where axial station 1 corresponds to the end of the 
film coolant sleeve insert. Steady state data from five tests (Test No. 166, 193, 199, 207, and 
227) were chosen to define representative wall temperatures over a wide range of mixture ratio. 
Tables XIV to XVIII present the test data summary for these five tests. Due to the scarcity of 
gas-side thermocouples, the back-side thermocouple data was used to calibrate and validate the 
model. Since the heat flux is low and the wall is made of copper, the difference in temperature 
between the gas-side and back-side is also low. The highest back-side temperatures were 
recorded along row C and the lowest along row A, which is on the other side. Row A has a 
back-side thermocouple measurement on all 7 axial positions, while row C has all but the con- 
vergent section and throat measurements. Since it was desirable to calibrate to the hottest row, 
the two missing measurements in row C were estimated from row A, as graphically illustrated in 
Figures 57 to 61 for the five tests. 

Back-side wall temperature measurements from row C were used to calibrate the 
thermal model. The model was calibrated to the nominal conditions of 75 psia chamber pressure, 
a mixture ratio of 8 and 60% fuel film cooling, which were the conditions achieved in Test 199. 
The calibration was first performed for an entrainment multiplier, Km, of 5.0, which was used 
for pretest predictions in an earlier model. This Km value is based on the test data correlation of 
the JPL thruster. However, it was found that a Km of 2.2 gave a better fit of the head end data, 
as shown in Figure 62. The Cgn profile for the calibrated model at both Km values is shown in 
Figure 63. The Cgn value is 0.9 in the barrel, 0.6 in the throat, and 1.1 in the nozzle for the Km 
of 5.0 model. The Cgn value is 1.3 in the barrel, 0.8 in the throat, and 1.1 in the nozzle for the 
Km of 2.2 model. The slower mixing model. Km of 2.2, requires higher Cgn values upstream of 
the throat to account for the lower wall mixture ratio. However, downstream of the throat, the 
wall mixture ratio for both Km values is high enough as to produce similar heat fluxes, thus 
giving the same Cgn value. The predicted stream tube mixture ratios are shown in Figure 64 for 
both Km values. The corresponding adiabatic wall temperatures are shown in Figure 65. 

Four tests were used to validate the calibrated model at off-nominal conditions. 

Three tests (Test Nos. 193, 207, and 227) were at off-nominal mixture ratio conditions (MR = 3 - 
10) and one test (Test No. 166) was at an off-nominal fuel film cooling condition (55% FFC). 
Figures 66 to 69 show that the slower mixing model, Km of 2.2, predicts the measured back-side 
wall temperatures much better than the faster mixing model, Km of 5.0, for all three off-mixture 
ratio tests. The slower mixing model also predicts the slope of wall temperature profile in the 
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TABLE XIV 

TEST DATA SUMMARY FOR TEST NO. 166 


Test 166 


t * 47.4 sec 

F - 26.66 lb 

Pc * 75 psia 

MR = 8.02 

Isp = 355.9 sec 

Wt « .0749 lb/sec 

Pcool = 105 psia (inlet) 

80 psia (outlet) 
Tcool = 78 deg F (inlet) 

599 deg F (outlet) 

FFC=. 55 



GAS 

-SIDE 

T/C 


Axial 

Circumferential 

Pos 

Pos 

A 

B 

c 

D 

1 

687 

— 

736 

— 

2 

808 

- 

- 

- 

3 

- 

929 

- 

932 

4 

919 

713 

- 

945 

5 


995 

- 

1005 


ATsl - 297 deg F (Est.) 

Tsl - 599 + 297 - 896 deg F 
RHOC - .0104 lb/ft3 
RHOE - .0285 lb/ft3 
UCUE -1.11 

MUSC - . 918E-06 lb/in-sec 


BACK-SIDE T/C 

Axial Circumferential Pos 


Pos 

1 

1 > 

1 

B 

C 

D 

1 

676 

698 

705 

717 

2 

775 

805 

839 

817 

4 

882 

914 

954 

922 

CV 

910 

- 

- 

- 

THT 

856 

- 

- 

- 

6 

566 

- 

616 

- 

7 

368 

- 

437 

- 


Row C Estimate from Row A T/C 


CV = 984 deg F 
THT - 926 deg F 
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TABLE XV 

TEST DATA SUMMARY FOR TEST NO. 193 


Test 193 


t * 59.9 sec 

F - 28.54 lb 

Pc = 79 psia 

MR = 5.12 

Isp = 392.0 sec 

Wt = .0728 lb/sec 

Pcool * 129 psia (inlet) 

86 psia (outlet) 
Tcool * 85 deg F (inlet) 

382 deg F (outlet) 

FFC= . 60 



GAS -SIDE T/C 

Axial Circumferential Pos 


Pos 

1 

1 > 

1 

B 

c 

D 

1 

412 

- 

442 

- 

2 

490 

- 

- 

- 

3 

- 

561 

- 

574 

4 

529 

539 

- 

567 

5 

- 

573 

- 

590 


ATsl = 234 deg F (Est.) 

Tsl = 382 + 234 * 616 deg F 
RHOC * .0138 lb/ft3 
RHOE * .0248 lb/ft3 
UCUE =»1.22 

MU SC = . 785E-06 lb/in-sec 


BACK-SIDE T/C 

Axial Circumferential Pos 


Pos 

A 

B 

C 

D 

1 

404 

423 

436 

438 

2 

460 

481 

510 

496 

4 

503 

527 

577 

543 

CV 

515 

- 

- 

- 

THT 

477 

- 

- 

- 

6 

333 

- 

378 

- 

7 

233 

- 

320 

- 


Row C Estimate from Row A T/C 


CV 

THT 



596 deg F 
550 deg F 
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TABLE XVI 

TEST DATA SUMMARY FOR TEST NO. 199 


Test 199 


t - 59.5 sec 

F - 27.81 lb 

Pc = 75 psia 

MR = 8.01 

Isp = 358.8 sec 

Wt * .0775 lb/sec 

Pcool = 105 psia (inlet) 

79 psia (outlet) 
Tcool * 86 deg F (inlet) 

580 deg F (outlet) 

FFC=. 60 


ATsl =258 deg F (Est.) 

Tsl « 580 + 258 = 838 deg F 
RHOC = .0109 lb/ft3 
RHOE = .0304 lb/ft3 
UCUE =1.24 

MUSC = . 890E-06 lb/in-sec 


GAS-SIDE T/C 

Axial Circumferential Pos 


Pos 

1 

< 1 

1 

B 

c 

D 

1 

631 

- 

687 

- 

2 

728 

- 

- 

- 

3 

- 

834 

- 

861 

4 

819 

663 

- 

868 

5 

- 

893 

- 

922 


BACK-SIDE T/C 

Axial Circumferential Pos 


Pos 

A 

B 

C 

D 

1 

622 

643 

677 

671 

2 

701 

728 

777 

759 

4 

790 

819 

884 

848 

CV 

818 

- 

- 

- 

THT 

717 

- 

- 

- 

6 

517 

- 

634 

- 

7 

342 

- 

427 

- 


Row C Estimate from Row A T/C 


CV = 918 deg F 
THT ■ 822 deg F 
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TABLE XVII 

TEST DATA SUMMARY FOR TEST NO. 207 


Test 207 


t * 59.6 sec 

F = 25.40 lb 

Pc « 72 psia 

MR = 3.26 

Isp = 414.3 sec 

Wt = .0613 lb/sec 

Pcool * 145 psia (inlet) 

82 psia (outlet) 
Tcool « 89 deg F (inlet) 

294 deg F (outlet) 

FFC= . 60 


ATsl * 211 deg F (Est.) 

Tsl * 294 + 211 * 505 deg F 
RHOC - .0140 lb/ft3 
RHOE - .0174 lb/ft3 
UCUE =1.27 

MUSC - . 730E-06 lb/in-sec 


GAS-SIDE T/C 

Axial Circumferential Pos 


Pos 

A 

B 

c 

D 

1 

304 

— 

323 

— 

2 

379 

- 

- 

- 

3 

- 

460 

- 

459 

4 

433 

426 

- 

427 

5 

- 

423 

- 

426 


BACK-SIDE T/C 

Axial Circumferential Pos 


Pos 

A 

B 

c 

D 

1 

299 

311 

313 

317 

2 

336 

350 

360 

353 

4 

368 

383 

397 

390 

CV 

367 

• 

- 

- 

THT 

327 

- 

- 

- 

6 

234 

- 

266 

- 

7 

180 

- 

233 

- 


Row C Estimate from Row A T/C 

CV = 396 deg F 
THT =357 deg F 



TAB LE XVIII 

TEST DATA SUMMARY FOR TEST NO. 227 


Test 227 


t - 31.6 sec 

F - 25.34 lb 

Pc - 71 psia 

MR = 9.47 

Isp = 331.6 sec 

Wt = .0764 lb/sec 

Pcool = 95 psia (inlet) 

73 psia (outlet) 
Tcool * 88 deg F (inlet) 

595 deg F (outlet) 

FFC= . 60 


ATsl - 266 deg F (Est.) 

Tsl = 595 + 266 = 861 deg F 
RHOC - .0101 lb/ft3 
RHOE * .0314 lb/ft3 
UCUE -1.18 

MUSC - . 901E-06 lb/in-sec 



GAS 

-SIDE T/C 



BACK- 

•SIDE 

T/C 


Axial 

Circumferential 

Pos 

Axial 

Circumferential 

Pos 

Pos 

A 

B 

c 

D 

Pos 

A 

B 

C 

D 

“ — — 

— 

— 

- — 

— - 

— — - 

— — 

--- 

— 

— 

1 

704 

- 

754 

- 

1 

693 

708 

726 

746 

2 

825 

- 

- 

- 

2 

799 

817 

868 

858 

3 

— 

934 

- 

975 

4 

907 

925 

996 

964 

4 

937 

805 

- 

986 

CV 

934 

- 

- 


5 

- 

1002 

- 

1044 

THT 

885 

- 

- 

- 






6 

593 

- 

665 

- 






7 

388 

- 

488 

- 


Row C Estimate from Row A T/C 


CV -1028 deg F 
THT - 976 deg F 
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(Model Calibration Test @ Nominal Conditions) 
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(Nominal Conditions) 
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(Off-Nominal Mixture Ratio) 
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(Off-Nominal Mixture Ratio) 



o 

CM 


<0 

<D 


(0 

0 ) 


2 . 

E 

£ 

CO 

© 

2 

(0 

■ 

o 

CO 

ffi 

"O 

Q> 


CO 

<0 

o 

s 

0 > 

> 

T3 

0 ) 

o 

5 

0 > 


CO 


O) 


107 


(Off-Nominal Mixture Ratio) 
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IV, E, Evaluation of Results (cont.) 


barrel, especially at higher mixture ratios. The faster mixing model tends to overpredict at lower 
than nominal mixture ratio and underpredict at higher than nominal mixture ratio. Both models 
under predicted the lower fuel film cooling test, although the slower mixing model matched the 
slope of the temperatures in the barrel. This indicates that a slightly higher Km value in the 
slower mixing model is necessary to match the 55% fuel film cooling condition. 

Figure 70 shows the updated predictions of maximum gas-side and back-side wall 
temperatures for nominal conditions using the slower mixing (Km of 2.2) model. A maximum 
gas-side wall temperature of 1010 deg F is predicted just upstream of the throat. A maximum 
temperature difference between the gas-side and back-side of 89 deg F is also predicted just 
upstream of the throat. As previously discussed, such a low AT through the chamber wall 
resulted in a LCF life well in excess of 10,000 cycles due to the extremely small thermal strain 
range. In addition, the thruster surpassed the minimum criteria for creep rupture; therefore, the 
life limiting case would be high cycle fatigue (HCF). 

Even though the performance data fit very well with predicted values, the former pre- 
dictions were based on the old thermal model with its entrainment multiplier, Km, of 5.0. 
Therefore, performance predictions were made from the thermal model using the new Km of 2.2. 
Initially the mixing was assumed to be complete by the throat plane, as the previous predictions 
used this assumption with good results; however, the new predictions for a perfect injector (ERE 
= 100 percent) were too low, i.e., lower than the measured performance data. It was then 
assumed that some mixing did in fact occur downstream of the throat and the thermal mixing 
model determined mixing up to the nozzle exit plane. This output from the thermal model was 
used as input to the performance model, with the resulting performance predictions for a perfect 
injector forming effectively an upper limit on performance. These two sets of predictions were 
plotted in Figure 71 along with the same measured data that was plotted in Figures 53 and 54. 
The majority of the data lies just under the upper limit, thus substantiating the assumption that 
some mixing does in fact occur downstream of the throat plane. Furthermore, the effective 
injector ERE appears to range from 99.7 percent at an O/F of 3.0 to 98.5 percent at an O/F of 8.0, 
relative to the upper limit. This value of ERE is more consistent with the earlier ERE 
assumption of 97 percent, i.e., an improvement over the 96.1 percent ERE of Thruster No. 1. 

To gain a better appreciation for the performance increase in going from the Thruster 
No. 1 design to the Thruster No. 2 design, Figure 72 was prepared. In this figure, the perfor- 
mance of Thruster No. 1 was plotted as a function of mixture ratio. A performance prediction 
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(Calibrated Model [Km*2.2] § Nominal Conditions) 
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Figure 71 . Revised Space Station Thruster Performance Predictions for Calibrated Thermal Model 
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Figure 72. Performance Improvement for Space Station Thruster No. 






IV, E, Evaluation of Results (corn.) 

was made for Thruster No. 2 using the revised thermal and performance models for an optimized 
100: 1 nozzle contour. This prediction for Thruster No. 2 was also plotted on Figure 72. The net 
result was an increase of specific impulse of 45 lbF-sec/lbM at an O/F of 8.0, a 13.2 percent 
increase. Therefore, the post test performance and hydraulic evaluations performed on Thruster 
No. 1 , and used to guide the design of Thruster No. 2, were entirely correct. 

F. CONCLUSIONS 

The objective of the program funded by the NASA LeRC under Contract NAS 
3-24398 was to establish a technical data base to support future development of GO2/GH2 flight 
thrusters for a Space Station Auxiliary Propulsion System (APS). Specific issues of concern 
were thruster performance and thrust chamber life. Through the design, fabrication and testing 
of the two 25 lbF GO2/GH2 thrusters described in this final report, it is clear that a significant 
technical data base has been established to guide future development of the flight thrusters for 
the Space Station APS. Furthermore excellent specific impulse values over a mixture ratio range 
of 3.0 to 8.0 were achieved, along with very small temperature gradients through the thrust 
chamber wall. This low AT (89°F) results in an insignificant thermal strain range (0.2 percent), 
yielding a predicted low cycle fatigue life well in excess of 10,000 cycles. With creep rupture 
not an issue, the life limiting mechanism is high cycle fatigue, which means that the thrust cham- 
ber itself would not be the life limiting component. This conclusion is further supported by the 
absence of any streaking on the chamber walls which could cause premature failure. The techni- 
cal development of the GO2/GH2 thrusters has been successful and flight development can be 
initiated. 
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Figure C-1. Aerojet Has Used Both Simplified and Rigorous JANNAF 
Performance Procedure in Past to Predict Performance 
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Figure C-2. The Standard Aerojet Prediction Procedure Follows 
the JANNAF Guidelines 
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